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A survey is presented of factors affecting blunt leading-edge separation for swept and

semi-slender wings. This class of separation often results in the onset and progression of
separation-induced vortical flow over a slender or semi-slender wing. The term semi-slender
is used to distinguish wings with moderate sweeps and aspect ratios from the more
traditional highly-swept, low-aspect-ratio slender wing. Emphasis is divided between a
selection of results obtained through literature survey a section of results from some recent
research projects primarily being coordinated through NATO’s Research and Technology
Organization (RTO). An aircraft context to these studies is included.

I. Nomenclature

aspect ratio

drag coefficient

zero lift drag coefficient, uncambered wing
lift coefficient

lift coefficient at zero angle of attack
maximum lift coefficient

Ce-Cuo

pitching moment coefficient

normal force coefficient

suction force coefficient

pressure coefficient

rms fluctuating pressure coefficient
lifting pressure coefficient

wing chord

roughness diameter

reference chord

section lift coefficient

root chord

boundary layer relaminarization parameter
potential lift factor

vortex lift factor

length

Mach number

mean aerodynamic chord

total velocity

attachment line Reynolds number
Reynolds number based onc,Uc/v

Rimac Reynolds number based on mac, U mac /v

R, Reynolds number basedonr,Ur/v

r leading-edge radius, streamwise

Sref wing reference area

S surface distance

t airfoil maximum thickness

U free stream reference velocity

u’,v’,w’  fluctuating velocities

X,Y,Z body-axis Cartesian coordinates

Xy longitudinal distance to leading-edge vortex
origin

angle of attack
boundary-layer thickness
airfoil angular coordinate
fraction semispan

wing sweep

taper ratio

viscosity

kinematic viscosity, p/p
density

streamline coordinate
characteristic length
Coordinate normal to surface

DI QD < TE P >3 6 oQ

Subscripts
a attachment line
e edge of boundary layer
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Acronyms

AGARD  Advisory Group for Aerospace Research RTO Research and Technology Organization
and Development

AVT Applied Vehicle Technology SACCON  Stability and Control Configuration

LTPT Low Turbulence Pressure Tunnel TTCP The Technical Cooperation Program

NATO North Atlantic Treaty Organization UCAV Uninhabited Combat Air Vehicle

NTF National Transonic Facility

II. Background

Smooth surface separation presents challenging fluid dynamic problems that can have significant aerodynamic
consequences. These challenges have persisted for virtually the history of aircraft development. For many
reasons, vehicle design practices are anchored in developing mission-relevant configurations that strive to achieve
attached-flow aerodynamics for primary performance conditions. These practices have become quite refined and to a
large degree are very successful in achieving the desired goals.

The onset and progression of smooth-surface separation nonetheless manifests in a number of ways. First, the
onset of separation defines the boundaries of operation for any intended attached flow performance. The subsequent
progression of separated flow can further establish the extent to which modified aerodynamic performance can be
tolerated for the configuration. Next, multi-mission or multiple-performance-point requirements can result in
separated flow having to become a condition which cannot be designed out of the vehicle with current technology.
Under these circumstances, the separated flow must either be tolerated or, in some cases, exploited.
Multidisciplinary constraints can further result in the occurrence of separated flow onset and progression within a
vehicle’s overall performance envelope. For example, low observable constraints can result in less wing twist and
smaller leading-edge radii than might be desired from a purely aerodynamic perspective. Finally, lingering
limitations in ground-based vehicle design practices can result in separated flow properties realized in flight that
differ from those intended based upon the subscale development. Reynolds number scaling can be challenging for
attached flow aerodynamics, and such scaling for the onset and progression of separated flow effects is certainly
more so. Reliable prediction of the flow separation, either from experimental or computational means, is thus
desirable regardless of whether the flow separation is to be avoided, tolerated, or perhaps even exploited.

The prediction of separation onset and progression continues to be problematical. Critical flow physics can occur
at very small scales and in regions of high surface curvature, as in the case of the swept and blunt leading edge of
slender wings, thus rendering experimental measurement very difficult. Many current computational technologies
(e.g., Reynolds-Averaged-Navier-Stokes methods) incorporate turbulence models that are anchored in quasi steady
attached flows, and it is unclear if such modeling can be expected to be applicable to the separated flow problem at
hand.

Many categories of smooth surface separation remain of interest to configuration aerodynamics. These include,
but are not limited to, blunt forebody separation, aft-body separation, swept wing trailing edge separation, transonic
shock-induced wing separation, and blunt leading-edge separation for moderate-to-highly-swept slender wings. The
intent for this paper is to provide a survey of information pertinent to smooth-surface (blunt) leading-edge separation
for swept and slender wings. After a brief review of some wing properties for maneuvering aircraft, the work is
organized into two primary thrusts.

The first thrust focuses on some fundamentals of blunt leading-edge separation obtained from a survey of the
literature. It was a finding of this survey activity that the extensive information base on blunt-edge separation
precludes a comprehensive treatment in the context of a conference article. Therefore, a subset of examples has been
chosen to highlight in this paper that include both experimental and theoretical perspectives, and several applications
to basic research configurations are included. The context of these studies provides an aid toward understanding the
flows observed on more complex configurations.

The second thrust summarizes four recent research activities oriented toward more realistic configurations.
These have been coordinated either through The Technical Cooperation Program (TTCP) or through the Research
and Technology Organization (RTO, formerly AGARD). The first program was coordinated through the TTCP and
was focused on aerodynamics of a representative UCAV configuration known as 1303. This activity included both
experimental and numerical investigations and was completed several years ago. The remaining programs were
coordinated through the RTO. The second program, AVT-113, recently completed research for blunt leading edge
separation with both fundamental and aircraft oriented projects. The fundamental work was focused on a 65-degree
delta wing while the aircraft work was focused on the F16-XL-1 aircraft. Both experimental and computational
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studies were included. The third program, AVT-161, is currently underway and is focused on blunt leading edge
separation for a conceptual UCAV configuration known as SACCON. This configuration has a number of unique
leading-edge separation characteristics in association with UCAV design considerations. The fourth program, AVT-
183, has only recently been initiated and is planning to draw upon current semi-slender aircraft interests (such as
UCAVs) to formulate a fundamental investigation focused toward understanding some of the details of the blunt
leading-edge separation onset phenomena. A relevant unit problem is currently envisioned for the focus of this
activity.

III. Aircraft Context

The pursuit of high-speed flight with supersonic capability led to the aircraft configurations with what is broadly
referred to as slender wings. Wave-drag considerations produce requirements for such wings to be positioned and
sufficiently swept to lie behind a supersonic cruise Mach cone and to also be thin. Overall, this leads to wings with
small leading-edge radii and with e S __vfjg P b
substantially lower aspect ratios than |
those used for efficient subsonic or
transonic flight. For military aircraft
with the added requirement for
maneuver aerodynamics, the
combination of low aspect ratio, high
sweep, and small leading-edge radii
further leads to the occurrence of 7
separation-induced leading-edge a) F-106
vortex flows occurring at maneuver
angles of attack. A review of the
evolution of the slender wing in the
context of vortex-lift research has been
given by Polhamus' [1986].

A purposely diverse sampling of
military  aircraft spanning many
decades and design interests s
presented in Figure 1. The F-106
entered service in 1959 as an upgraded
version of the 1956 F-102 which, for ©) X-31 . . d_) F-22
the most part, represents the beginning Figure 1. A sampling of maneuvering aircraft.
of maneuvering aircraft with supersonic capability due to the implementation of the area rule by Whitcomb? [1952]
into the vehicle design. The F-16-XL and X-31 research aircraft illustrate very different wing design concepts
motivated by supersonic cruise research in the 1970’s (F-16 XL) or maneuver aerodynamics research (X-31) in the
1990’s. Finally the F-22 entered service in the early 2000°s and is the current state-of-the-art air superiority
maneuvering aircraft which not only incorporates high-speed super-cruise capability and high angle -of-attack
maneuver capability | - .
but also low-
observable or stealth
capability into the
vehicle design.

More recent
aircraft design
concepts have BN
produced a class of a) X-45A b) X-45C ) X-47A

uninhabited vehicle
designs to support
high subsonic or transonic flight. They include swept and moderate aspect ratio wings and are often referred to as
Uninhabited Combat Air Vehicles (UCAVS). A sampling of these concepts is shown in Figure 2, and all of these
vehicles incorporate stealth design principles. The X-45A represents a so-called ‘lambda-wing’ class of vehicle by
incorporating a constant-chord outboard wing with the inner fuselage. The X-45C represents a more blended wing-

Figure 2. A sampling of UCAYV concepts.
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body concept which also includes a swept and tapered wing design. Finally, the X-47A represents a slender
diamond-wing design concept still with highly blended wing-body geometry.

A summary of some overall wing parameters for these aircraft is shown in Table 1. With an exception of the
highly-swept F-16 XL, the wings have moderate leading-edge sweep values, from a slender wing perspective, that
will be conducive to leading-edge vortex separation at maneuver angles of attack. The double values for wing
leading edge sweep represent the inboard and outboard angles for the cranked F16-XL and X-31 wings. Overall the

wings also fall in a moderate aspect ratio range Table 1. Summary wing parameters.

(roughly between 2 and 3) with the exception of | Configuration | Sweep, deg | Aspect r/mac, %
the higher aspect ratio X45A lambda wing and the Ratio

low-aspect ratio X47A. The X-45A aspect ratio is | F-106 60 2.1 0.2 -0.05
based upon extending the leading edge sweep into | F-16XL 70/50 1.8 0.075-0.05
the vehicle centerline with the parenthetical value | x-31 57/45 29 Not available
based upon the entire configuration. Since slender [ F-22 42 2.4 Not available
wing principles tend to apply to the lower aspect [x_z5A 45 4.3(3.4) | Not available
ratio, highly-swept wings, the domain of wings [y 450 55 31 Not available
exemplified by these configurations will be [ 27A 55 10 Not available

referred to as ‘semi-slender’ wings for this paper.
This will contrast this class of wing flow from the more traditional or classical slender wing (or slender body)
terminology. Another term found in the literature is ‘not-so-slender” wings.

The table also shows a few leading-edge radii values normalized by the wing mean aerodynamic chord.
Although not all values are available, many
of these wings draw upon classical airfoil
design principles such as those of the 1.6 Y
NACA 64A class of airfoils. A plot of the '
normalized leading-edge radius for the =
NACA 64A thickness profiles as a function 1.2
of normalized airfoil thickness is presented re. %
in Figure 3. Data for this figure are from ’ L Fit S/
Abbott and von Doenhoff® [1959], and an 0.8
approximate fit to the data is also provided. [ Data /‘
In terms of practical applications for the L \/
semi-slender class of wings, the overall 0.4
wing normalized thickness values tend to e
be 8% or less leading to small values of T
leading-edge radii. Observability 0.0 el L L
con5|d_erat|<_)ns can lead to further 0 0.05 0.1 0.15
reductions in leading-edge radii.

For these semi-slender wings, the onset tic
and progression of separated flow Figure 3. NACA 64A0xx leading-edge radii.
aerodynamics take a number of different
characteristics due to sweep effects, leading-edge radius effects, and aspect ratio effects in association with wake
interactions. The next section will review some of these effects.

IV. Select Findings from Prior Research

Perspectives toward the onset and progression of blunt leading-edge separation for semi-slender wings can be
gained by first recalling some basic features of leading-edge vortex flows from the slender sharp-edged delta wing.
By virtue of the sharp leading edge, primary separation is forced to occur at the leading edge and for the slender
wing this separation rolls up to form the primary leading-edge vortex. A sketch, due to Hummel* [1978], is shown in
Figure 4 that illustrates the primary leading-edge vortex. The primary vortex induces significant spanwise flow on
the wing upper surface resulting in the negative suction peak also illustrated in Hummel’s sketch. Past the primary
suction peak the adverse spanwise pressure gradient induces separation of the spanwise boundary layer flow
resulting in a secondary separation and secondary vortex. The secondary vortex induces suction outboard of the
primary vortex suction peak. The primary and secondary vortices are tightly coupled, and factors affecting the
secondary vortex (e.g., if the secondary separation is laminar or turbulent) also affect the primary vortex. The sharp-
edged slender wing continues to this day to be very useful for studying fundamentals of this flow.
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The upper surface suction due to the separation induced leading-edge vortices results in what is known as a
vortex-lift increment.  Polhamus® [1966] developed a
simple but very effective theoretical means to compute the
vortex lift effects by his leading-edge suction analogy. This
method relates the vortex lift to the attached flow leading-
edge suction and was the first method to accurately predict
this effect. An example is shown in Figure 5 for a sharp-
edge delta wing with an aspect ratio of 1.5. By Polhamus’
method the lift is computed as

secondary vortex
1

primary vortex

CL =K, cos’ a sin o + K, sin* o cos o

Here K, is the attached flow normal-force curve slope
and K, is a similar term that is related to the attached flow
wing leading-edge suction and governs the vortex-lift
increment. Both of these terms are a function of the
planform and can be determined from simple
computational aerodynamics methods such as a vortex
lattice. The lift equation also includes proper trigonometric
relations to be applicable up to high angles of attack. The
correlation shown is representative of the accuracy of this
technique for estimating the lift of slender sharp-edged  Figure 4. Sharp-edged slender wing vortex flow.
delta wings, and has also been achieved for fairly general Hummel* [1978].
planforms through extensions by Lamar® [1974] and others. Pitching moment predictions tend to be less accurate but
still useful. The large vortex lift increments like those shown are very stable and can be exploited to provide high-
angle-of-attack maneuver lift capability. Departures from
this theory often indicate the presence of higher-order
vortex effects (e.g., longitudinal curvature) or vortex state
changes (e.g., vortex breakdown).

The blunt leading edge fundamentally alters this flow,
and a sketch contrasting the sharp and blunt leading edge 4
vortical flows is shown in Figure 6. Due to the leading- o —
edge bluntness, the origin of the vortex will be displaced : /i
downstream of the apex of the delta wing. In addition, any
leading-edge vortex separation will occur near, but not 0.8
necessarily at the blunt leading edge. The pressure gradient c /0 Vortex
between the lower-surface attachment line and the leading L lift
edge is proverse, so the separation would be expected to 0.6 A .
occur slightly beyond the leading edge on the upper surface Data 1,—*"
of the wing. Details of the separation onset for the blunt \
leading-edge vortex could also be affected by the 0.4 e
characteristics of the attached flow immediately ahead of :/\
the vortex. Although the sketch of the blunt leading-edge -
vortex separation shows the vortex origin as a point, the 0.2 Y
actual insipient separation process would be expected to be A“f?:u';'*d
drawn out over a region of the wing. |

The blunt leading edge for the swept and slender wing 0.0
also leads to an onset and progression of the leading-edge 0 5 0 e ® 20 »
vortical separation with angle of attack that is not present in Figure 5. Application of the suction analogy.
the sharp-leading-edge case. For a low to moderate angle- Polhamus® [1966].
of-attack range the wing would exhibit attached flow. As
angle of attack is increased the leading-edge separation will first occur at an outboard and aft location near the
trailing edge. This occurs for two reasons. First, delta wing leading-edge upwash increases from the apex to the
trailing edge, and thus the local angle of attack is higher near the trailing edge. Second, the crossflow bluntness
(ratio of leading-edge radius to local semispan) tends to progress from blunter to sharper values as the trailing edge

| Aspect Ratio=1.5
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is approached. Further increases in angle of attack cause this onset of vortical separation to progress longitudinally
up the leading edge. Thus, for some angle-of-attack range the wing will exhibit partial span leading-edge vortex
separation with attached flow on the upstream portion of the wing and leading edge vortex separation on the

downstream portion.
An example
of blunt leading-
edge delta wing
lift properties is
shown in Figure
7. Results are for
an aspect ratio 2
delta wing with a
streamwise
NACA-0012
airfoil  section.
The data can be

Sharp leading edge

Vortex propertles vary with:
- Angle of attack

Vortex origin
fixed at apex

found in the - Mach number

paper by Wick®
[1948]. Suction
analogy
estimates of the
attached flow
and vortex lift
that would be
realized by the
sharp-edge case
are included.

- Reynolds number
- etc.

Primary vortex separation
at leading edge

Blunt leading edge

- ete.

Displaced vortex origin varles with:
- Angle of attack

- Mach number

- Reynolds number

- Leading-edge radius

Vortex propertles stlll vary with:
- Angle of attack
- Mach number

- Reynolds number

- Leading
- etc.

-edge radlus

Primary vortex separation
near leading edge

|
Figure 6. Comparison of sharp and blunt leading-edge separation. Luckring’ [2004].

This wing exhibits attached flow lift characteristics up to approximately 12 degrees, and additional analysis (not
shown) associated with the leading-edge thrust effects indicated attached flow lift characteristics could still be

present slightly above this angle. At the higher angles the
data depart from the attached flow estimate in the
direction of the vortex flow theory indicating the
likelihood of leading-edge vortex lift effects for this
wing. However, these vortex effects are much smaller
than would be achieved by the sharp edge, and there are
at least two reasons for this. The blunt leading edge
vortex is smaller due to the part-span separation just
discussed. In addition, the leading-edge bluntness
weakens the vortex. The smaller and weaker vortex thus
produces less vortex lift than its sharp-edged counterpart.

Because the leading edge vortex separation is now
occurring from a smooth surface, the physics of this flow
could be quite different from the sharp-edged case, and
the strength, position, and the very existence of the
vortex will be affected by leading-edge radius and will
change with Mach number, Reynolds number, and angle
of attack.

These effects are further complicated by the hybrid
nature (attached flow inboard, partial separation
outboard) of the blunt-edged slender or semi-slender
wing flow. For the semi-slender wings of practical
interest, it is also possible that other flow separation
effects could arise on the inboard portion of the wing
thereby leading to a very complex interaction of
separated flows.
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Figure 7. Blunt delta wing lift characteristics.
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Consideration of some basic wing effects pertinent to semi-slender wings will be reviewed next as regards
separation onset. This will include a review of airfoil flow separation aerodynamics. The relationship between airfoil
and wing aerodynamics for high aspect ratio wings is well understood. What is perhaps less appreciated is the
relationship between airfoil aerodynamics and semi-slender wing aerodynamics, specifically as regards separation
onset.

A. Airfoil Aerodynamics

From the interest in separated flows for this paper, it is useful to examine the types of stall developed by airfoils.
These can include both leading and trailing edge separation, and a classification by Gault® [1957] will be reviewed
as reported by Polhamus™® [1996]. This analysis applies to uncambered airfoils. (See Figure 8.) In this figure, a
characterization of the

flow separation (not to ~ Expanding Contracting  Trailing-edge

scale) is shown above / long bubble short bubble  separation

the corresponding A Q:l_ A A

section lift - _QS
characteristics with

angle of attack. Three

types of stall are Non-reattached Turbulent Leading-edge
identified. The first long bubble / reseparation stall

type is referred to as B B B

thin airfoil stall and - T Q
- —

corresponds to  an
airfoil with a sharp A B
leading edge (or a Z
radius so small as to be
effectively sharp). A
laminar separation
occurs followed by a
turbulent reattachment
forming a separation
bubble. This bubble a «

occurs essentially at  (a) Thin-airfoil stall (b) Leading-edge stall (c) Trailing edge/Leading-edge stall
any non-zero angle of Figure 8. Airfoil separation classifications. Polhamus™ [1996].

attack and expands as a

long bubble on the upper surface with increasing angle of attack. As the bubble reaches the trailing edge a fairly
benign stall occurs.

With an increase in leading-edge radius to relatively small values a second type of separation arises which leads
to leading-edge stall. The small leading-edge radius results in very strong proverse and subsequently adverse
pressure gradients to occur very close to the leading edge, and leading-edge stall is characterized by an abrupt and
significant lift loss. This class of separation has a transitional short bubble very near the leading edge (less than 0.5%
chord) which contracts as angle of attack increases. At critical conditions an expanding long bubble occurs resulting
in the sudden loss of lift. This long bubble could be due to the short bubble bursting or due to a sudden turbulent
reseparation aft of the short bubble. Either mechanism results in the sudden expansion of the turbulent long bubble
and the sudden lift loss. With further increases in angle of attack the leading edge pressure gradient becomes
sufficient to cause turbulent reseparation with the associated sudden lift loss.

The third stall characteristic occurs when conventional trailing-edge separation occurs in conjunction with the
leading-edge separation flow physics. This class of stall is characterized by a break and an initial gradual decrease in
the lift curve slope corresponding to the onset and subsequent progression of trailing edge stall. This class of stall
could occur for an airfoil with a sufficiently blunt leading edge such that trailing-edge stall occurs before the
leading-edge separation, in the form of the short bubble, occurs. However, leading-edge stall is still manifested, and
the ensuing turbulent reseparation still results in an abrupt stall.

It should be noted that a fourth type (not shown in Figure 8) is purely trailing edge stall. Here trailing-edge
separation occurs in the absence of any leading-edge separation, and the stall characteristics are gradual as the
trailing edge separation point move up the airfoil. These same four classifications have been discussed by Haines™
[1994].

Ci| A Ci
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Some experimental examples of airfoil stall characteristics are shown in Figure 9. The airfoils of Figure 9a
illustrate the sequence of stall characteristics, achieved for the most part due to increasing leading-edge radius. The
increase in radius roughly scales with the increase in airfoil thickness. The slight break in the 64A006 data is
indicative of a turbulent reseparation and long bubble which, however, does not reach the trailing edge at this
relatively low angle of attack. For the 63;-012 airfoil there is a slight indication of trailing-edge stall very close to
the leading-edge stall; this is difficult to see in the figure.

The airfoils of Figure 9b show

the same progression in stall type but D Turbulent reseparation onset T.EL.E. stall
in this case the progression is 16 W Non-reattached long bubble 63]‘012
primarily due to Reynolds number

effects. An increase in Reynolds L.E. stall

number will have several effects near 120k Thin airfoil stall 63-009

the leading edge. Boundary layers —_———

around the leading edge will thin
resulting stronger pressure gradients.
The boundary layers should be better ¢ .8
able to penetrate adverse pressure

gradients. Local transition flow

physics will also shift accordingly.

The net effect is a trend with 4
increasing Reynolds number that is

broadly similar to the trend with

increasing leading-edge radius.

Double wedge

64A006

| | I J

Domains for the various stall 0 0 4 8 12 16
types were reported by Polhamus a, deg
[1996] in terms of leading-edge a) Leading-edge radius effects. R, = 5.8 million.

radius and chord Reynolds number.

(See Figure 10.) Stall types are NACA 66-009 NACA 64-009
identified by symbols and LE. stall T.E. stall
approximate domain boundaries are 12— Thin-airfoil stall LEstal 9x 106 15x 106
shown by the hatched lines. The data ' Ae =3x 1086 6x 106

come from a wide range of NACA 6- '
series airfoils tested in the NACA
Langley Low-Turbulence Pressure 8 -
Tunnel (LTPT) and are for free
transition. The results cover chord v
Reynolds numbers from 0.7 million

- X Turbulent
to 30 million and normalized 4 B © reseparation
leading-edge radii (r/c) from 0.24 onset
percent to 1.56 percent. The figure
also illustrates cuts through the [ | | | [ | | | | |
domains representing the data of 0 0 4 8 12 0 0 4 8 12 16
Figures 9a and 9b. a, deg «, deg

Stall domains that include b) Reynolds number effects. 0.53% < r/c < 0.58%.
leading-edge separation cover a Figure 9. Leading-edge separation effects. Polhamus'® [1996].

significant portion of this parameter
space. In addition, the thinner airfoils (e.g., 9% and below) of interest to this paper fall in the vicinity of the
approximate boundary between leading-edge and thin airfoil stalls, thus presenting a concern from a Reynolds
number scaling perspective. At the higher Reynolds numbers shown, the data imply that there may only be two
domains, thin airfoil and trailing-edge stall. It must be noted that the boundaries shown for the 6-series airfoils may
vary somewhat for other classes of airfoils, and they will certainly shift with camber effects as well. However, the
overall suite of physics as regards separation would still be expected to manifest.

In addition to these leading-edge radius and Reynolds number effects, compressibility effects on leading-edge
separation, and hence maximum section lift coefficient have been addressed by Polhamus'® [1996]. Results are
shown in Figure 11. For this study NACA-0012 and ONERA D airfoils were considered. The 0012 has a leading-

8
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edge radius of 1.58 percent chord while the ONERA D has a leading-edge radius of 1.4 percent chord and is 10.5
prercent thick.

The NACA 0012 was tested in the LaRC LTPT which allowed for independent variation of Mach and Reynolds
numbers. For the range of Reynolds numbers examined, it is anticipated that the 0012 airfoil will exhibit a combined
leading-edge/trailing-edge stall. The flagged data in Figure 11a are from Loftin®? [1949] whereas the open symbols
are from more recent

experiments by 16 Qﬁ s, B 63-015
Ladson™® [1988]. The “ ’fyf& 65.015
two data sets agree ver 7 .

well for the gcommoz T.E/LE. stall (©) )}f;,-b Tras':::?(':?ge

condition M = 0.15 and tem Y

show the expected , © 0 ® 008 63012
increase in maximum $ 87,0 © ) ggg]%
section lift coefficient “, R iy, ' 7

with  increases in  FC. % .8~ /"/f/,f/ o "”’%4) 07, 63-010
Reynolds number due /”’fwf, LE. (O 8, {(@ 63-009
to a delay in separation. ”’g_‘# --4’@ ' ' " 64-009
The Ladson Thin-airfoil "7!’/;,;,-” 65-009
measurements  expand 4 - stall (%) (z /mmxﬂ/mmwf//m‘/

the data set to higher 5 Q s & & & 64006
Mach numbers and

demonstrate a decrease 0 | | | : ) 1 |

in maximum lift

coefficient with 6 106 2 3 6 9107 2 s

increasing Mach Re

number. Figure 10. Stall domains. Polhamus'’ [1996].

Compressibility effects
will be largest near the leading edge and will affect any detailed local flow physics (such as the contracting short
bubble) and could even result in a shock-induced stall.

Dashed lines on Figure 11a show the expected maximum lift trend that would arise if Mach and Reynolds
numbers were to vary simultaneously such as in an atmospheric wind tunnel (constant total pressure). This trend
seems to be represented in the ONERA D data by Erlich'® that were obtained with such a simultaneous
Mach/Reynolds number variation. The LTPT results demonstrate that Mach and Reynolds numbers have opposite
effects as regards the onset of separation in association with maximum section lift coefficient.

1.8 -
Moo 1.8 Ve
L 0<0.12 -
1.6 16 |0 o012
< 018
L o0 0.24
14 14- | & 030
C/, max C1, max
12 — 12 -
10 1ok
_____ Constant Py -=---- Constant M., = 0.12
extrapolation
8 ! ! L I | } 8- I | | | 1 ]
3 6 106 3 6 107 3 3 6 106 3 6 107 3
a) NACA 0012 airfoil b) ONERA D airfoil

Figure 11. Mach and Reynolds number effects. Polhamus'® [1996].
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B. Finite Wing Effects

The onset of separation can be addressed for finite wings using fundamental wing theory in conjunction with the
airfoil separation characteristic from the above section. The focus for this analysis will be toward the semi-slender
wings of interest to this paper. This leads to an application of airfoil separation effects to lower aspect ratio wings
and higher leading-edge sweep values than perhaps is traditionally performed. Examples highlighted in this section
generally fall in the airfoil domain exhibiting leading-edge separation. The preceding separated flow analysis was
focused on uncambered airfoils, and the analysis of finite wing effects on separation onset and progression will be
similarly restricted to uncambered wings. Additional details may be found in Polhamus™ [1996].

From the airfoil analysis the leading-edge class of stall/separation is strongly affected by the adverse pressure
gradient on the upper surface very
close to the leading edge. Therefore,

some fundamental wing effects, such as o[ ag(m)

those due to aspect ratio and sweep, on 8Cp(0.m) = 7| 5y coter2)
separation can be assessed in terms of = o ()

the leading-edge adverse pressure +n§1ﬁsin{nm}

gradient. Additional effects due to
boundary layer state will be addressed
in the subsequent section on attachment
line transition.

The theoretical method chosen for
the finite wing analysis is the lifting-
surface theory originally developed by
Multhopp® [1950]. A modified version
of this method was developed by
Lamar® [1968] and subsequently
refined by Lan'’ [1977]. As a lifting
surface  theory, the  approach (a) AC, formulation.
incorporates  functional  chordwise Figure 12. Lifting surface modal forms. Polhamus'’ [1996].
loading distributions at discrete spanwise stations as shown in Figure 12. Modified functional forms were
implemented by Lan and Lamar for numerical reasons that still retain the connection to Chebyshev polynomials.
This type of theory is attractive from the standpoint of isolating angle-of-attack effects (cotangent loading) from
camber effects (sin series) in the context of orthogonal functions. For the planar wings of interest to this section, it
can be shown that the adverse pressure gradient very near the leading edge is dominated by the cotangent term in
this theoretical approach. Whereas the wing effects on leading-edge adverse pressure gradient could be extracted
from other numerical solution techniques through post processing, they are directly determined from the lifting
surface theory in terms of the series coefficients ¢;. The lifting surface theory is thus a convenience for facilitating
the wing analysis.

1. Aspect ratio

Finite wings of course develop a 25~  Cl,cot 20
wake in association with the spanwise CL
variation of lift. The wake downwash 2o F "~
increases downstream from the wing, ) =
leading to familiar conveniences such

e

(b) Chordwise loading coefficients, ¢, = 1.0.

as  Trefftz-plane  induced drag 9 .
formulations. Wake-induced effects [ e
propagate upstream equally well, and 10

this leads to an induced camber effect g—[ —
on the finite wing in association with 5t L

the spanwise variation of lift, and this
effect will be larger for lower aspect L

ratio wings. Several key features 0 2 8
summarized by Polhamus™ [1996] are
i) induced camber effects result in a net . .

(a) Spanwise variations, A=0.5 (b) Effectof A; n=0

negative load increment for the ] . . "
rectangular Wlng and ") for a glven Ilft Flgul‘e 13. Relative loadlngs. Polhamus [1996].
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the cotangent loading will therefore be correspondingly higher. Thus a given adverse pressure gradient will occur at
a lower total lift for the finite aspect ratio wing as compared to the two dimensional case.

The basic relationship between the wing spanload and spanwise cotangent loading is shown in Figure 13. The
elevated cotangent loading can be seen on the left portion, and the relative magnitude of the cotangent to total
loadings at the wing centerline as a function of aspect ratio is shown on the right. Rectangular wings stall at the root
section first in association with the maximum section load there. Airfoil aerodynamics will be applied to the finite-
aspect-ratio wing by accounting for the three-dimensional effects predicted from the lifting-surface theory in a
manner to estimate wing
stall. _ Predicted turbulent

An application of this A- o Ado reseparation onset €|
method to rectangular wings J,
f

is shown in Figure 14 for ‘__‘._;:l A=25

the centerline section lift 1.2 6 [ 6
e . . = =1.6x 10
coefficient. Critical loading Re =17x 10 Re =16x A=10 A o5

for stall is identified from - - —-

the airfoil data, and then
through the lifting-surface 8F [~
theory this critical loading
(associated with the c - i
cotangent functional form)
occurs at relatively lower A B
overall section lift
coefficients due the - -
increasing induced camber |
effects with  decreasing 0 0 o
aspect ratio. The predicted a, deg o, deg

three-dimensional —  stall Figure 14. Predicted wing stall. RAE 101 airfoil. Polhamus™® [1996].
condition from this method
(arrows) agrees reasonably well with the measured three-dimensional results.

To estimate the wing maximum lift coefficient, Polhamus included vortex-lift increments expected from the
side-edge vortex for rectangular wings. The side-edge vortex lift was computed for the wing at the angle of attack
predicted by the above method for wing stall. Results are shown in Figure 15 for a high and a moderate aspect ratio
wing. In each case the estimate of the maximum lift coefficient is surprisingly good. The airfoil Reynolds number
characteristics appear to apply to these wings.

D--

18~ 18-
CL max(@p) A= s CL  max (EXp)A= =
16 sl
CL, max /~ CL, max
- " 141 c .
14 CLV‘SB Predicted Lyse Kr:c:gcted
Turbulent A=6 4 \
120 reseparation 1o Turbulent
. onset C reseparation
Cp .max L max 3 onset
1.0+ 10+
CL max(exp)A=6 CL‘nm(9!P~)A=3
a- s
6 6
4 - 4= L . L 1 . L
- 56 L T 36 . 56 37 56 e
108 107 108 10 10
Re Re
a) Aspect ratio 6 wing. b) Aspect ratio 3 wing.

Figure 15. Predicted maximum lift coefficient. Polhamus'® [1996].
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2. Sweep
From basic wing theory, sweep will shift peak Attatched flow
loading outboard, and an illustration of this effect is pressure disiribution Turodlent ressparation bble

shown in Figure 16 along with trends in turbulent
reseparation that would be expected. With sufficient
sweep the separation could also result in leading-edge
vortical flow. Effects of sweep on span load as well as
the sectional cotangent loading are shown in Figure
17. In Figure 17a the aspect ratio effect of an elevated
cotangent loading can be seen. As the wing is swept
both the peak span load and peak cotangent load shift Leading-edge vortex flow
outboard, and the cotangent loading peak is seen to be Leadng edge
both further outboard and greater in magnitude.

Results for delta wings are shown in Figure 17b.
Section loadings are singular at the tip in association
with the tip chord going to zero. Because the peak Figure 16. Swept wing flows. Polhamus'® [1996].
adverse pressure gradient near the leading edge is
represented through the cotangent loading, the same technique discussed above can be applied to these wings in
conjunction with simple sweep theory.

Turbulent Expanding
reseparation long bubble

a) Sweep effect, constant chord wings. b) Delta wings.
Figure 17. Effects of sweep and taper on sectional load distributions. Polhamus'’ [1996].

An example is shown in Figure 18 for both a constant chord and tapered wing. The constant chord wing had an

ONERA D airfoil section which was incorporated on the swept wing normal to the leading edge. Predictions by the
same technique for the two sweep angles are shown by the arrows (identified with symbols that correspond to the

ONERA "D" 30° 50° 64A010 n
49°
-— Pred. turb.
Re= 4 st resep. onset

R, x 108

2.1
1.5 r

Rex10®
Re; x 108 Rer=2.3x 108 12 9
1.0 L 0= H
' 22
€ CL
Z - A 08 . th B
S 0.8 — ~<— O Pred. turb.
resep. onset
1 J 1 | | ] [ L
0 10 20 0 10 0 10 20 30 0 6 12 0 0O o0 0 O O0 o0 6 12 18
o, deg a.deg . deg a, deg
a) ONERA D airfoil, swept constant chord wing. b) 64A010 airfoil, swept and tapered wing.

Figure 18. Predictions of swept-wing separation. Polhamus'’ [1996].
data) and seem to correlate with lift-curve breaks in the wing data. Applications to the swept/tapered wing with a
64A010 airfoil also seem to roughly track the progression of separation up the leading edge.
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It is certainly not to be expected that a basic theoretical method as described would precisely predict onset and
progression of leading-edge separation for the aspect ratios and sweeps shown in Polhamus’ work. However, the
degree of correlation is quite good and implies the theoretical modeling is capturing some of the dominant physics
of the wing data. This application of airfoil data and simple wing theory for the purpose of predicting separation
onset and progression at conditions pertinent to semi-slender wings is noteworthy.

C. Attachment Line Transition

Before proceeding to configuration applications some consideration to wing transition effects near the leading
edge is warranted. For the onset and progression of blunt leading edge separation, with a pursuant part-span vortex
separation of interest to this paper, the state of the attached-flow boundary layer leading up to separation is critical.
The boundary layer around the leading edge will be fundamentally tied to the boundary layer along the lower-
surface attachment line.

Poll*® [1979] pioneered an
analysis of infinite  swept
attachment line characteristics
from a perspective of attachment
line transition. Poll’s sketch of
the attachment line flow is
shown in Figure 19. He
developed what has become a
universal criterion as a guideline
for attachment line transition
based on a local Reynolds
number denoted as Rbar

/7 External Streamline
Surface

— Cylindrical
Surface

Rbar =V &/ ve

Attachment
Line

£ = [Ve / (dU,¢/ds).]"? U

Here V,. is the velocity
along the attachment line at the
outer edge of the attachment line Figure 19. Attachment line flow. Poll'® [1979].
boundary layer, and the characteristics length & is based upon parameters normal to the attachment line. In this
regard U, is the velocity at the edge of the attachment line boundary layer normal to the attachment line and ‘s’ is
the surface length also in the direction normal to the attachment line. U and V are the components of the total
external velocity, Q.

Criterion for the attachment line to become turbulent is given approximately by Rbar > 300. This is a guideline
that corresponds to flows with major sources of contamination. For smooth and otherwise low-disturbance surfaces
Poll showed that higher values of Rbar would correspond to attachment line transition. For small disturbances, the
critical value of Rbar depends on d/ & and ¢/ &, where d is the diameter of the small disturbance and ‘€’ is the
distance from the disturbance. For small values of d/ &, values of Rbar can be as large as 700 to 800 for complete
attachment line transition.

In practice, the attachment line for many swept wings can be roughly parallel to the leading edge, and thus the
fundamental analysis of Poll (from a circular cylinder) can be applied to more practical wing shapes. Moreover, the
necessary elements of Rbar can be inferred from static surface pressure measurements by invoking a Bernoulli
assumption. Attachment line location can be determined as the location of maximum pressure. With the assumption
that pressure is impressed through the boundary layer, V,. can be determined. This velocity down the attachment
line can be found to not differ much from the free-stream velocity component along the attachment line. If it is
assumed that V,, does not change much around the leading edge, then dU,./ds can be determined. Thus the Poll
criteria can be estimated from experimental pressures, and does not require measurement of the actual velocity
components.

Even when the attachment line is turbulent, the proverse pressure gradient around the leading edge can result in
relaminarization. Following the two-dimensional developments of Launder™ [1969], Treadgold® [1973] suggested
the following parameter for relaminarization assessments on swept wings:
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K= (ve/ Qez) dQ./do

Here ‘o’ is a streamline coordinate at the edge of the boundary layer. The parameter K is a normalized pressure
gradient which, when sufficiently large, can lead to relaminarization. Guidelines indicate that K needs to exceed 5 x
10°® for relaminarization, and that departures from fully turbulent flow (partial relaminarization) can occur for K
exceeding 2 x 10°. A Bernoulli

relationship is used to relate the ' .
total velocity at the edge of the Wing A
_ M=0.6

boundary layer to the static surface
pressure, and thus K can also be

determined from pressure 14

measurement so long as the

measurement density is sufficient 12

to estimate the streamline velocity Ko = 5 X 10 /

gradient. Two examples of 10 [ Relaminarization | | g

applying these criteria to leading- Incomplete /

edge attachment line flows follow. 8 / relaminarization /’ Kinax = 2% 10% —
The first example is for a @ / A

cropped delta wing reported by 6 Z / furbutent

AshillX [1990]. The configuration | A o attachment

was a semispan model with a 60 4 . i |

degree swept cropped delta wing. Laminar

The wing was cambered and 4% 2 attachment

thick with a streamwise leading- |

edge radius of 0.13 percent 0

centerline chord that was nearly 0 5 10 15 20 25 30 35 40

constant in the spanwise direction.
Data were obtained at subsonic and
supersonic conditions and for a
range of Reynolds numbers and
angles of attack.

An example of Ashill’s

Rinac, million

Figure 20. Attachment line contamination and relaminarization
boundaries. Ashill*' [1990].

A=

60°

analysis is presented in NACA 4412

Figure 20. Here domain 004<M<02

boundaries are illustrated in 25 1 |

an angle'Of'attaCk and Bubble Turbulent Turbulent

Reynolds number parameter bursting reseparation ;l " separation

space for a position about 20 | B — o

70% down the leading edge. I \ T

The red curve shows the Relaminarization \Kmfsﬂw
approximate boundary 15 L probable |

between  laminar  and I NN " urbulent
turbulent attachment lines a \'s‘\:‘ - attachment

for the position chosen. (The Separation bubble \\_P\\j\ line

authors do not report the 10 ————  observed = \Q </ — i

specific criterion for this | N \.f’fJ/ Kypex = 3 109
curve, but it is presumed to , S ]

be a critical Rbar value 5 pominar A ST ptachmont
following Poll). In addition, line N Rk e ion
approximate boundares for W= ] onset

the two values of Ky (in oL ’ |

the vicinity of the leading 0 5 10 15 20 25 30 35 40

edge) indicate domains for
which subsequent
relaminarization might be
expected. The boundaries

R,, thousand

Figure 21. Flow physics boundaries for leading-edge flow characteristics.
Ashill** [1993].
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were inferred from static surface pressures as described above. This experimental analysis provides considerable
insight to leading-edge flow characteristics that can be critical to leading-edge separation.

A second example from Ashill?® [1993] is for a constant chord swept wing tested in the 13x9-foot low-speed
atmospheric tunnel at Bedford. The wing had a NACA 4412 airfoil normal to the leading edge with a leading-edge
radius of 1.58% chord. The wing was tested with sweep angles of 45°, 53° and 60°, and Ashill’s leading-edge
analysis was reported for the 60°-swept case. Reynolds number variations were achieved through free stream
velocity variation, so some compressibility effects will be included in the measurements.

An example of Ashill’s analysis for this case is shown in Figure 21, and the results are reported to be
representative of the mid-span portion of wing. The attachment-line transition boundaries are based on hot-film
measurements. Values of Rbar are also shown for a few conditions, and overall agree with the guidelines established
by Poll. Above the red line, the attachment line would be turbulent. The K.« guidelines are also indicated to show
conditions, after attachment line transition, where relaminarization could occur. A boundary for which a laminar
short-bubble separation was apparent in the experimental pressures is also shown. Finally, at the top of the figure the
locus for the onset of the collapse of the leading-edge suction peak is shown in black. Three mechanisms are shown
for this event spanning bubble bursting, turbulent reseparation, and turbulent separation.

This analysis provides a more detailed assessment of the leading-edge separation flow physics than shown in the
previous example. This also provides considerably more insight into the flow details than was inferred from the
aggregate wing analysis developed by Polhamus.

D. Basic Applications

Two basic application studies are summarized that draw upon some of the results discussed above. The first was
conducted with a generic wing-body geometry while the second used a delta wing. Both investigations are
experimental and address Reynolds number and leading-edge radius effects.

1. Generic Wing-Body

A generic wing-body configuration was tested in the LaRC LTPT as reported by Henderson® [1976]. The model
had leading-edge sweep angles of 61.7, 64.6, and 67.0 degrees and trailing-edge sweep angles of 0 and 40.6 degrees.
The wing could have sharp, ——
small or large leading-edge 0 AU 4 ) %00 67,64 9.0 105.4
radii that resulted in a range » ' | ] o | '
of edge radii (normal to a3
leading edge) of 0.1 to 0.6
percent mean aerodynamic

_Z
chord among the { =7 /

configurations. A sketch of = /

these models is shown in {/{; - . 1
Figure 22. Data were s T
obtained at Mach numbers 38
below 0.3 and for Reynolds N

numbers, based on mean
aerodynamic chord,
between 1.5 million and
20.4 million.

Henderson presented an Figure 22. Basic wing-body configuration. Henderson* [1976].
analysis for the onset and
progression of blunt leading-edge separation based upon normal and suction force coefficients. The normal force
analysis drew upon the suction analogy such that a vortex-related normal force increment could be estimated by

Cnp = K cos a sin a
Cny = CN,exp - CN,p

This is similar to the delta wing analysis presented earlier in this paper. The suction force was estimated in the
usual way:

Cs=[CLtan o - (Cp - Cpp) ] sec A cos a
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At low angles of attack, with attached flow, the vortex normal force will be essentially zero and the suction force
will be the “full-suction” value for this configuration. At higher angles of attack, with part-span vortex separation,
the vortex normal force will provide the vortex increment realized over the aft portion of the wing while the suction
force will provide the residual suction force realized mostly from the attached flow over the forward portion of the
wing.

An example of this analysis is shown in Figure 23 for the three radii tested at a relatively high Reynolds number

Riac = 10 million
A, = 61.7° /
Ale =0 SE—— — 1
Sharp leading edge Small leading-edge radius Large leading-edge radius
0.3 0.3 0.3
|
CN 0.2 02 — C.+C " 0.2 A
and w s N,v -/
|
Cs I ol I | g I '
0.1 - — 01 — Cg e 041 ol
',." \\; l/ e
g DR e ‘ % o8 e e = i
0 | e B . 0 i . . 0 .———" .
0 4 8 12 16 0 4 8 12 16 0 4 8 12 16
o oL oL

Figure 23. Leading-edge radius effect. Henderson® [1976].

condition. By Henderson’s analysis the suction and vortex normal force coefficients are combined at each angle of
attack. The break between these two components represents the onset of vortex normal forces and simultaneous loss
of attached flow leading edge suction. The figure shows the delay in separation onset in association with increasing
leading-edge radius. This particular force accounting is consistent with the theoretical basis of the suction analogy.

A second example is shown in Figure 24 for one configuration (with the blunter leading edge) at two Reynolds
numbers. Here the analysis shows the delay of separation with an increase in Reynolds number. Suction analogy
estimates on these figures are fairly close to the experimental sum of residual suction and vortex normal force.

Large leading-edge radius

A, =61.7° ﬂ
Ay =0

R, ..c = 2.5 million R,..c = 10 million
0.3 0.3
c, 02 . 02 —— Cs*Cy, T e
and i /‘/ i | 7
Cg ) Cq ) g
/-/ 1 /
0.1 — 0.1 >
i o L //{,HJ—*’*
¥ L o—*| S
0 l:g—ﬁ—.” . . 0 . . .
0 q 8 12 16 0 4 8 12 16
a a

Figure 24. Reynolds number effect. Henderson® [1976].
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2. Deltawing
A delta wing experiment was conceived for testing in the National Transonic Facility (NTF) as reported by

Luckring [2002%*, 2003%, 2004%, 2004"]. The wing had a
65° leading edge sweep and four streamwise leading-edge
radii of 0, 0.05, 0.15, and 0.30 percent mean aerodynamic
chord. Although this delta wing would be considered more
a slender wing than a semi-slender wing, the study
explicitly addresses the onset and progression of blunt
leading-edge separation including independent Mach and
Reynolds number effects. The tests spanned Mach numbers
from 0.4 to 0.9 and Reynolds numbers, based on mean
aerodynamic chord of 6 million to 120 million. A
photograph of the model in NTF is shown in Figure 25.
Data are documented in reports by Chu?’ [1996].

Sample results for the effect of bluntness are shown in
Figure 26. Results correspond to a Mach number of 0.4, a
Reynolds number of 6 million, and an angle of attack of 13 ¥ R i
degrees. The data on the left show fairly conventional Figure 25. Delta wing. Luckring™ [2002].
leading-edge vortex flow for the sharp-edge case. The data on the right illustrate the part-span vortex separation
which has already initiated at the 0.4 chord station. Pressures in the inset show a double bump in the blunt edge case,
and this inner suction was determined to be a second, co-rotating vortex, inboard of the more conventional outer
primary vortex. This flow structure became a focus of an RTO Task group to be discussed later in this report.

I, = medium

Spanwise distribution, x/c, = 0.6 T
| =48
o | =40

|-3.2

- L& [
4 i s -

1.0 b

1.0

Figure 26. Leading-edge bluntness effect. M = 0.4, Ry, = 6 million, a. = 13°. Luckring® [2002].

An example of Reynolds number effects is presented in Figure 27 for the wing with the medium leading-edge
radius at a Mach number of 0.4 and an angle of attack of 13 degrees. The pressure distributions clearly show the
delay of blunt leading-edge separation with the increase of Reynolds number. For the conditions shown, the leading-
edge separation has shifted aft by approximately 20 percent chord. An example of Mach number effects is presented
in Figure 28 for the wing with the medium leading-edge radius at a Reynolds number of 60 million and an angle of
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attack of 13 degrees. The pressure distributions clearly show the promotion of blunt leading-edge separation with the
increase in Mach number.

Rinac = 6 million Ripac = 60 million
AR Spanwise distribution, x/c, = 0.6 oo
Y] .48
(4] {-4.0
oy -5.0 - 0 | -40

|32
24 G
-1.8

24 G,
1.8

»ie

1
__"'r
=
i
/L'
:'.')

10 - —

Figure 27. Reynolds number effect, medium leading-edge radius. M = 0.4, o = 13°. Luckring® [2002].
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Figure 28. Compressibility effect, medium leading-edge radius. R,. = 60 million, a. = 13°. Luckring’ [2004].
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These effects of Mach and Reynolds number were generally exhibited by the wings with different leading-edge
radii. Analysis of the wing pressures allowed for a means to estimate the onset and progression of the blunt leading-
edge separation, and an example for the three blunt wings is shown in Figure 29. The symbols show the angle of
attack and location along the leading edge that separation was inferred from the pressure data. There is some
uncertainty in this inference, and yet the data provide an indication of the progression of separation and show the
delay in this effect with increase in leading-edge radius. The delay in separation due to Reynolds number is also
shown.

R,.. = 6 million R, s = 60 million
0.0 [ 00
i » Pl i / | =
02 | = 02 | e P
S N : v ) el
04 | T 04 | ¢t
xvlcr . It Xvlcr I o
06 [ * £ | —e—smal | 06 * r— —o—small |
I ¢ A —=— medium [ I 7 —m— medium
0.8 +* £ a 08 g i
r ‘R-: : ——large r I o —4—large
10 L L1 L1 1 1 1 | 1 1 10 L T B |. T | | 1 -
0 10 20 30 0 10 20 30

Figure 29. Leading-edge radius effects for the onset and progression of leading-edge separation at low and
high Reynolds numbers. M = 0.4. Luckring® [2002].

A summary of Mach and Reynolds number effects for the onset and progression of the blunt leading-edge
separation is

shown in Figure 0.0 - . —
30 for the - e = medium M=04,R_,_=6million

medium leading- I /'/‘ /"‘K
edge radius. The 0.2 i /

results show the M=06, / M=04.
opposite effects L R,..=6million § R, = 60 million
of Mach and B

Reynolds 04
number as - Mach promotes |
regards the blunt Xv/Cr - separation ¢
leading - /
separation. The 0.6
contrary effects
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with the Mach 0.8 Il
and Reynolds :

number  effects i .
discussed -earlier B .
for airfoil 1.0 — L
leading-edge

separation. In 0 10 o 20 30

this case the Figure 30. Mach and Reynolds number effects for the onset and progression of leading-
effects are edge separation. Luckring® [2004].
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magnitude but opposite in sign and require at least a pressure tunnel to be isolated experimentally.
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V. Recent Research Activities

Four recent research programs are summarized in this section that have been organized and executed through
The Technical Cooperation Program (TTCP) or the Research and Technology Organization (RTO, formerly known
as the Advisory Group for Aerospace Research and Development, AGARD).

The TTCP facilitates cooperative research programs among the member countries Australia, Canada, New
Zealand, the United Kingdom, and the United States. The TTCP collaborative research activity chosen for this
summary was coordinated through the Aerospace Systems Group (AER) and executed by Technical Panel 5 (Fixed
Wing System Aerodynamics), collectively known as AER-TP5. This project was focused on aerodynamics of a
representative UCAV configuration known as 1303. The activity included both experimental and numerical
investigations and was completed several years ago.

The RTO facilitates scientific and technical collaborative activities that are of mutual interest among member
nations of the North Atlantic Treaty Organization (NATO). These activities can take a number of forms that include,
but are not limited to, symposia, workshops, specialist meetings, and task group programs. Among these, the task
groups encompass collaborative research activities. The RTO collaborative research activities chosen for this
summary have all been sponsored by the Applied Vehicle Technology (AVT) Panel of the RTO. Although the AVT
panel embraces work pertinent to air, land and sea vehicles, those chosen for this paper only address air and sea
vehicles, and a further emphasis will be applied to

the air vehicle work. Table 2. Research configuration wing parameters.

The first RTO activity, identified as AVT-113, | Configuration | Sweep,deg | Aspect | r/cref, %
has recently concluded and was focused on Ratio
aerodynamics of the F16-XL-1 aircraft and a delta | 1303 47 3.9 04-0.2
wing. The second RTO activity, identified as | Deltawing 65 1.9 0.05, 0.15, 0.30
AVT-161, is presently underway and is focused on | SACCON _ 53 3.1 0.23 -0.023
unsteady aerodynamics of a UCAV concept, the | Diamond wing 53 22 TBD

X-31 aircraft, and several naval vessels. The third RTO activity, identified as AVT-183, has recently been initiated
and is focused on smooth-surface separation aero/hydro-dynamics for a diamond-wing configuration and a naval
surface combatant. Summary wing parameters for the research configurations are listed in Table 2. Parameters for
the F16-XL-1 and the X-31 may be found in Table 1.

A. 1303

The UCAV configuration known as 1303 was originally developed by the Boeing Phantom Works under
contract to the Air Vehicles Directorate of the Air Force Research Laboratory (AFRL). The vehicle design was
developed to meet certain mission requirements and evolved not only through preliminary design but also a degree
of advanced vehicle design to incorporate many features of a practical aircraft. The resultant configuration was a
lambda-type blended wing body with a leading-edge sweep of 47° and trailing edge sweeps of +/- 30°. Original
experiments were conducted in the United States, and summary information for the configuration has been given by
Billman?® [1998].

5333,

-1} [T] 04
¥ {mh

a) 3-view b) Wind tunnel model
Figure 31. Configuration 1303. Petterson™ [2006].
This work was conducted by AER-TP5 between 2004 and 2007 and extended the original data sets by adding

new measurements and computations for leading-edge radius and Reynolds number effects. A separate model was
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fabricated to support new experiments in the QinetiQ 5-m tunnel (Farnborough) for the AER-TP5 project. In
addition, an extensive CFD campaign was conducted, and results were reported collectively in a special session at
the AIAA 24™ Applied Aerodynamics Conference (references 29-36). The model was also used to obtain high-speed
data 2; the ARA 9x8-foot tunnel (Bedford), and data from the two experiments have been reported by Bruce [2003%,
2003*.

A three-view rendering of the configuration as well as a photograph of the model is shown in Figure 31. The
baseline configuration was uncambered with NACA 64A thickness airfoil sections. Thickness varied from 12
percent to 10 percent inboard and the wing (from the inboard crank in the trailing edge) was 8% thick. The program
included assessments for two additional leading edges, sharp and blunt (1.0% local chord). For comparison, the 64A
thickness profiles would have leading edge radii varying from 1.0% (12% t/c) to 0.4% (8%t/c).
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Figure 32. 1303 force and moment characteristics. M=0.25, R,;,,=8.5milion. Petterson’® [2006].

Tests in QinetiQ 5-meter tunnel at Farnborough were conducted for Mach numbers ranging from 0.13 to 0.30
and Reynolds numbers, based on the mean aerodynamic chord, ranging from 3.1 million to 8.5 million. The test
program was designed to isolate Mach and Reynolds number effects utilizing the pressure capability of the 5-m
tunnel, and all measurements were performed with free transition. A single common condition between the Mach
and Reynolds number transects occurred at a Mach number of 0.25 and a Reynolds number of 4.3 million. Data
were obtained between -5 and 25 degrees angle of attack.

a) = 4° b) o =8° a=12°
Figure 33. Predicted 1303 progression of leading-edge separation. M=0.25, R,,,. = 8.5 million. K-o.
Petterson™ [2006].

A summary of the low-speed data has been given by McParlin® [2006] and precursor CFD was published by
Petterson® [2006]. The results document the onset and progression of the blunt leading-edge vortex separation and
demonstrate an adverse pitch-up associated with this flow. Sample force and moment results are shown in Figure 32
from Petterson®® [2006], and the corresponding surface flow patterns from Petterson’s computations are shown in
Figure 33. Attached flow was achieved at low angles. Sectional loading will be a maximum at the station
corresponding to the trailing-edge break, and by 8 degrees angle of attack the origin of the leading-edge vortex
appears to be near this station and the pitch-up process is underway. (CFD showed separation at 6 degrees for this
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station as well). The experimental pitch break was fairly well approximated by CFD and the pitch-up magnitude
beyond this break was well captured by the computation. The inboard flow may have a very small vortex coming
from the wing apex at 8 degrees angle of attack. At 12 degrees there appears to be more evidence of the inner vortex
but it still remains separated spanwise from the outer leading-edge vortex. It should be recalled that the 1303 vehicle
concept is not a full aircraft design, but moment nonlinearities can occur near the boundaries in intended operation
and can present a challenge to the flight mechanics. In that regard it would be useful to be able to predict these
phenomena.

Initial analysis of transition consequences to this flow was reported by Arthur®® [2006]. A coupled
RANS/boundary-layer/e™ numerical method was applied to several geometries that included a single 1303 condition.
The natural transition results showed altered flow patterns in the insipient separation and subsequent part-span
vortex flow, as compared to fully turbulent computations, and the transitional computations agreed better with
experiment. Subsequent publications addressed further modeling considerations and numerical effects (e.g., grid
resolution) with application to six additional 1303 test conditions [Arthur*, 2007] as well as a more advanced
computational approach based upon coupling RANS and three-dimensional boundary layer methods [Arthur®?,
2009] with application to the 1303 configuration at a very low angle of attack.

B. AVT-113

Task Group AVT-113 was entitled “Understanding and Modeling Vortical Flows to Improve the Technology
Readiness Level for Military Aircraft” and conducted its activities from January of 2004 to May of 2008. Summary
findings of this Task Group have been recently published by the RTO*® [2009]. The Task Group had two sub
groups, commonly referred to as facets. The first facet was focused on CFD predictions of the F-16XL-1 aircraft and
the second facet was focused on experimental measurements and CFD assessments of certain delta wing
aerodynamics. These two facets are summarized below as regards blunt leading-edge separation aerodynamics.

1. F-16XL-1 Facet

A unique flight test data set had been developed through collaboration between the NASA Dryden and NASA
Langley Research Centers and
published by Lamar* [2001].
The activity, known as the
Cranked Arrow Wing
Aerodynamics Project
(CAWAP), provided a wealth of
flight-test flow field details
including wing surface
pressures, boundary-layer
profiles, surface skin friction,
and surface flow visualization
for the F-16XL-1 aircraft,
Figure 34. A summary of this e
activity was given by Lamar® Figure 34. F-16
[2003] at the RTO symposium
on Advanced Flow Management, Part A — Vortex Flows and High Angle of Attack for Military Vehicles* [2003]
which convened in 2001. This summary served as the genesis of what became the Cranked Arrow Wing
Aerodynamics Project International (CAWAPI) embodied in this facet of AVT-113.

This facet focused strictly on CFD assessment of the already available flight test data for the F-16XL-1 aircraft.
Seven flight test conditions were chosen at zero sideslip that nominally span Mach numbers from 0.30 to 0.97,
Reynolds numbers (based on an aircraft reference chord of 24.7 feet) from 32 million to 89 million, and angles of
attack from 4 to 20 degrees. Several sideslip cases were also included. CFD solutions were contributed from nine
groups using ten different solvers, including both structured and unstructured approaches, to assess predictive
capabilities for these data. Two special sessions at the 45™ AIAA Aerospace Sciences meeting highlighted these
individual contributions [references 47-57], and a summary paper by Rizzi®’ [2007] was also included.

Considerable effort went toward modeling the complex aircraft geometry at the high Reynolds numbers of the
flight test data. Resulting grids were relatively large (most had around 10 to 30 million points) at the time of the
work. From the perspective of this paper, it is noted that the complex aircraft modeling included representation of
the small but blunt leading edge of the 70°-swept portion of the wing. (The outboard 50°-swept portion of the wing
has a sharp leading edge).

e
XL-1 aircraft.
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A representative subsonic solution was reported by Rizzi®’ [2007], based upon work from Boelens*’ [2007], and
is shown in Figure 35. A good resolution of this vortical flow was achieved, and correlations between the collective
computations and flight test data at subsonic conditions were generally good. Transonic cases at lower angles of
attackseroved to be more difficult with speculation that shock/vortex interactions were not being adequately captured
[Rizzi**, 2007].

0625 085 0145
[
LISTH] 0175

a) Total pressure contours b) Skin friction
Figure 35. F-16XL-1 computational results. M = 0.304, R.,.; = 44 million, o. = 11.9°.
Rizzi®’ [2007], Boelens*’ [2007].

The CAWAPI results have demonstrated that good correlations can be achieved for a complex slender-wing
aircraft, with blunt leading edge representation, at some flight conditions and this is a significant accomplishment.
However, much work remains to be done at this level of complex aircraft modeling to assess factors such as
separation onset and progression, leading-edge radius effects, Reynolds number effects, shock/vortex interactions,
and so forth. It is also possible to address aspects of these factors through reduced-complexity or unit problem
studies, and this was done as part of the other facet in AVT-113.

2. Delta Wing Facet — Vortex Flow Experiment 2

This facet had its origins in the NTF delta wing data discussed in Section 1V above, and some early reporting of
these results by Luckring®® [2001]. Subsequent discussions led to a proposal for a new vortex flow experiment in a
paper by Hummel® [2003] which was also presented in 2001 at the RTO symposium on Advanced Flow
Management, Part A — Vortex Flows and High Angle of Attack for Military Vehicles*® [2003]. This paper served as
the genesis of what became known as Vortex Flow Experiment 2 (VFE2) embodied in this facet of AVT-113.

This facet was primarily focused on developing an understanding of the curious inner and outer co-rotating
vortices inferred from analysis the blunt leading-edge data from NTF. It was clear that additional and detailed
experimentation would be required to provide insight into this particular vortical flow, and that a parallel CFD
modeling study would be of considerable interest. Because the delta wing geometry was so simple (and analytical),
detailed numerical modeling studies would be more feasible than what could be achieved with the complex
CAWAPI aircraft configuration. In addition, leading-edge radius effects as well as Mach number and Reynolds
number effects were already in hand from the prior NTF experiments.

Experimentation was partially facilitated by sending the %-scale model tested in the NASA LaRC LTPT to
Europe. Four additional models were fabricated among participating organizations from Germany, France, and
Scotland primarily to facilitate instrumentation and for facility considerations. New experimental results were
contributed by five organizations using six facilities thus providing a means for multiple models, multiple facilities,
and multiple instrumentation suites to be used to understand this flow. CFD modeling assessments were contributed
by seven organizations using seven codes, including both structured and unstructured approaches, to assess and
develop a predictive capability for this flow. Two special sessions at the 46" AIAA Aerospace Sciences meeting
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highlighted these individual contributions [references 60-74]. These sessions included both an experimental
summary paper by Luckring and Hummel® [2008] as well as a computational summary paper by Fritz’* [2008].
Experimental results by Konrath® [2008] confirmed the existence of the dual co-rotating leading-edge vortices,
replicated conditions of this flow as observed from the NTF data, and provided considerably more detail of the flow
from the use of pressure sensitive paints. This was achieved with the LTPT model in the DLR G6ttingen Transonic
Wind tunnel (TWG). An example is shown in Figure 36. The detailed differences between left and right semispan
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Figure 36. Pressure sensitive paint measurements. M = 0.4, R, =3 * 10%, o = 13°. Konrath® [2008].

patterns could be due to small differences in the model geometry or due to small alignment differences between the
model and free stream flow. Flow physics measurements were obtained at the Technical University Munich (TUM),
and an example of this work from Furman® [2008] is shown in Figure 37. Here mean and fluctuation flow field
measurements, as well as fluctuating surface pressure, are displayed for several locations on the delta wing. These
types of measurements should aid with the assessment of various viscous flow simulation models for predictions of
this flow. Some consideration to boundary layer states and transition was given by Hummel™ [2004], and some
aspects were addressed in the experiments by Furman® [2008].

Six primary conditions were identified for CFD assessments as summarized by Fritz’* [2008]. Emphasis was
retained on the part-span blunt leading-edge separation at 13° angle of attack. Approximately 21 additional cases of
interest were also identified for potential study. The other conditions allowed for assessments between sharp and
blunt leading edges, unburst and burst leading-edge vortices, and transonic shock-vortex interactions. Grids typically
ranged from 2 to 26 million points. Among the additional cases, the transonic CFD studies of Shiavetta™ [2008] are
noteworthy.

One of the better comparisons for the part-span vortex case is presented in Figure 38 between stereo PIV and
PSP measurements of Konrath® [2008] and the numerical results of Fritz®® [2008]. The overall structure of the dual
inner and outer vortices appears to have been fairly well simulated in this comparison. Other methods also showed
considerable progress toward simulating these flows, although the prediction of the separation onset position
remained a challenging aspect for CFD. Experimental details of the flow field leading up to insipient separation
were not obtained to the same extent as for the rest of the vortical flow, and was felt that such details would further
aide CFD method improvements. This point will be further addressed in the section regarding AVT-183.
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Figure 37. Flow physics measurements. M = 0.07, R;;,,. =1 * 106, o = 18°, medium leading-edge radius.

Furman® [2008].
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Experiment Numerical solution

Figure 38. Flow field measurements and predictions. M=0.4, R,,,.=3 * 106, o=13°, medium leading-edge
radius. Konrath’ [2006] and Fritz*® [2008].
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C. AVT-161

Task Group AVT-161 is entitled “Assessment of Stability and Control Prediction Methods for NATO Air & Sea
Vehicles” and is scheduled to conduct its activities from January of 2008 through May of 2011. This task group has
three facets, two of which are focused on aircraft applications. One air facet is focused on the X-31 aircraft, whereas
the other is focused on a representative UCAV configuration known as SACCON (Stability And Control
CONfiguration). The third facet is focused on a naval application. The task group is currently in progress, and a first
reporting of their results is contained primarily in two special sessions at this 28" AIAA Applied Aerodynamics
Conference [references 77-89].

The task group’s orientation to stability and control includes both static and dynamic conditions, and a
considerable (perhaps primary) effort is being directed toward obtaining dynamic data and dynamic CFD
simulations for the vehicle interests. However, to do the dynamic studies requires baseline information to also be
obtained for static conditions. Several aspects of the air facet work regarding blunt leading-edge separation
aerodynamics at the static conditions are highlighted below.

1. X-31facet

The X-31 represents another complex, full-aircraft geometry modeled with CFD The wing has cranked leading
edge with 57° sweep inboard and 45° sweep '
outboard, and an aspect ratio of approximately 2.9.
The configuration also incorporated a set of canards,
a small strake ahead of the wing, and an aft-body
strake as well. These configuration details can be
observed in the photograph of the wind tunnel model
used as part of the AVT-161 program, Figure 39. In
addition, segmented leading-edge flaps can be
observed. All of these features represented the full-
scale X-31 aircraft configuration

The blunt wing leading edge was modeled with
sufficient detail to represent gaps between the
leading-edge flap segments, and an assessment of the
gap effects in the CFD simulations was performed by P
Boelens® [2009]. In these assessments the leading-  Figure 39. X-31 model in DNW low-speed wind tunnel
edge flaps were all undeflected. Results at 10° angle Braunschweig.
of attack showed an attached flow about the wing leading edge and most the wing itself. Above 12° leading-edge
vortex separation occurred,
but the nature of this
separation was significantly
affected by the streamwise

G1 (all leading edge
flap gaps)
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progression of the leading edge separation.

2. SACCON facet

The SACCON configuration was designed by EADS to capture many aspects of UCAV concepts while at the
same time being suitable for international collaborative research. The configuration is shown in Figure 41 and has
53° swept leading and trailing
edges. It falls in the lambda-
wing class of configurations
with a constant chord outer
panel and has an aspect ratio
of approximately 3.1. The
SACCON model has a root
chord of approximately 1
meter, and a photograph of the
model in the DNW low-speed
wind tunnel at Braunschweig
is also shown in Figure 41. :
g::?ligfedeld\;/vr?:nfszbms?;%?liI(;/ ) Planform. b) Wind tunnel

- Figure 41. SACCON configuration.
and control testing.

Spanwise distributions of relative thickness (t/c) and leading-edge radius are shown in Figure 42 along a
planform representation. Outboard of the first trailing edge break, these leading-edge radii vary between
approximately 0.23% and 0.023% of 0.18 18
the reference chord. For SACCON, the . F 1 Nose
reference chord was taken as the  thickness | J J redlus

X [mm]
constant chord of the outer wing panel. 1
The wing design also incorporated 0.12
outboard twist to delay separation onset
effects to higher angles of attack than
would have been realized by a planar
wing.

Design objectives for low angle of
attack attached flow were achieved.
The progression of leading-edge 0.04
separation for this particular geometry
results in a complicated vortical flow.

An example of this is indicated in s i ;
Figure 43 by the CFD results of 05 e 5 5f
Frink® [2010]. Results at nominally 5° ¥ [rom]

angle of attack demonstrate the Figure 42. SACCON spanwise thickness and leading-edge radius
attached flow. The results at 18° angle  distributions.

of attack were chosen to illustrate some

aspects of the complex vortical separation on this configuration. Due to the wing sweep and the particular leading-
edge radius distribution, the inner portion of the wing has already developed a primary leading-edge vortex. The
leading-edge radius of this portion of the wing is very small, and this inner vortex may share many attributes with a
sharp leading-edge vortex. For the outboard portion of the wing, separation onset and progression has occurred such
that the origin of the outer primary vortex is adjacent to the inner primary vortex.

Further increases in angle of attack result in vortex interactions between the co-rotating inner and outer primary
vortices and have been interpreted as a source of nonlinear force and moment characteristics for this wing by Frink
[2010]. The onset and progression of the blunt leading-edge vortical flow from the outer wing establishes the
position and strength of the outer vortex and thus this separation is critical to the vortex interaction aerodynamics.
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It should also be noted that

the  leading-edge  vortex USM3D/SA USM3D/SA
characteristics ~ of  the \&;_510&*"5‘3' 0° E’é iiOQ:fﬁl o
SACCON wing are quite o = 5.08° a=17.89°

different than those of the
1303 wing discussed earlier.
The 1303 leading-edge radius
design resulted in only a very
small apex vortex such that
the onset of blunt leading-
edge separation from the outer
wing progressed into an
essentially attached flow on
the inner portion of the wing.
Although the focus of
AVT-161 is on the dynamic
stability characteristics of this
configuration, it became clear
early in the program execution
that the static case included
some very complex vortex- ¢
flow aerodynamics. These Figure 43. SACCON CFD results. Frink® [2010].
developments among others
led to what has become the focus for the air facet of a new RTO/AVT task group to be discussed next.

D. AVT-183

Task Group AVT-183 is entitled “Reliable Prediction of Separated Flow Onset and Progression for Air and Sea
Vehicles” and is scheduled to conduct its activities from January of 2010 through May of 2013. Emphasis is placed
on smooth-surface separation, and the task group has an air and a sea facet. The air facet is focused on experimental
measurements and CFD assessments of a diamond-wing configuration pertinent to UCAV aerodynamics and the sea
facet is focused on experimental measurements and CFD assessments of a naval surface combatant vehicle. Both
facets are interested in predicting blunt leading-edge separation pertinent to their vehicle class. Although the work
for these facets has only recently commenced, a summary for the program plans is provided below as regards blunt
leading-edge separation aero/hydro-dynamics.

1. Air Facet

The concept for this facet is to establish a unit problem that is relevant to the AVT-161 SACCON aerodynamics
as well as related UCAV concepts. For these semi-slender and swept configurations there is a hierarchy of vortex-
flow topics to consider. At low speeds and static conditions these would include blunt leading-edge separation onset
and progression, co-rotating vortex interactions, vortex breakdown, and vortex hysteresis. Higher speeds would
introduce compressibility and vortex-shock interaction effects, and finally dynamics compounds the complication of
all the above. Transition is not to be overlooked, and from this collective perspective it was clear that the SACCON
configuration represented a very complex suite of vortex flow aerodynamics, even at low speeds.

All of these vortex phenomena relate in one way or another back to the blunt leading edge separation onset and
progression. For example, the smooth-surface separation establishes the strength and position of the leading-edge
vortex, thereby directly affecting matters such as vortex interactions and vortex breakdown. Transition flow physics
also manifest very near the blunt leading edge as discussed earlier in this paper; such effects are absent in the sharp-
edged case.

The intent for this facet is to study in detail the onset and progression of the blunt leading vortical separation, in
a manner that is relevant to the SACCON vehicle, such that an enhanced understanding of the underlying flow
physics can be achieved and improved CFD prediction capabilities can be enabled. A SACCON-relevant unit
problem has been conceived based upon a simple diamond wing geometry which can establish the part-span vortical
separation. (See Figure 44.) Some aspects of the SACCON leading edge are represented, but the overall wing is
greatly simplified.
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An experimental and numerical campaign is planned. The detailed measurements achieved in Vortex Flow
Experiment 2 were very valuable to understanding the vortical structures of interest to that project, and new
experiments are being pursued that can provide such insights into the incipient separation of the AVT-183 part-span
vortex. Combined with a numerical SACCON wing
campaign that will leverage both the
AVT-113 and the AVT-161 experiences,
the project will strive to understand why AVT183 Diamond wing
some models work better than others for
such flow predictions. As such, the
experiments and computations will work
toward the current principles established
for code validation such as have been  Replicate critical SACCON
summarized by Oberkampf® [2002] and  'eading edge attributes
in guidelines from both the AIAA*

[1998] and the ASME [2006%, 2009%].

To the extent that CFD modeling is g - — - -
altered, assessments are being considered — : -
in three tiers. (See Figure 45.) The first Figure 44. Diamond and SACCON wings.
tier is self-assessment against the data used for the model improvement. Such assessments are necessary for model
evaluation, but they are not sufficient for any predictive capability assessment. The second tier constitutes a primary
predictive
assessment
where  models SACCON
developed from
the diamond
wing campaign
are applied to the
(parent)
SACCON
configuration at
relevant
conditions to P

.- rimary
assess predictive ~ Assessment
improvements.
The third tier

Simplify SACCON
trailing edge

Delta Wing

Secondary
Assessments Expariment Numrical solutian

N

Swept
Wings

AVT183

constitutes Diamond Wing

secondary New Data Ashill [ASME/1993]
assessments CFD Improvements - ;
against _relevant Self Assessment Mirande [AGARD/1978]
configurations as Poll [AGARD/1983]
shown in the . .

) gure . pxperimental assessment strategy.

figure and Figure 45. Exp tal t strategy

discussed earlier in this paper.

2. Sea Facet

The sea facet of AVT-183 is focused on maneuver hydrodynamics that arise on naval surface combatant ships,
Figure 46, under high drift and/or yaw conditions. This is another smooth-surface separation that occurs from the
bow of the vessel. The work is focused on the David Taylor Model Basin configuration 5415, a representative naval
surface combatant hull that incorporates a sonar dome and a transom stern. Sustained experimental and
computational activity has been underway to study various flow features with this geometry. This has included
periodic workshop assessments, and a lessons-learned summary from a recent workshop has been given by Stern®
[2009].

In a manner somewhat similar to the AVT-183 air facet, the sea facet will leverage this prior experimental and
numerical work to enhance understanding of why certain numerical methods work better than others and thereby
seek improved prediction capability through the project. A combined experimental and computational campaign has
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been initiated that is currently envisioned to include tow-tank experimentation along with computational
assessments from several levels of numerical formulations.

Recent computational results by Stern®® [2009]
have contrasted URANS and DES simulations of the
5415 flow at high drift angles. Sample results related
to this work are show in Figure 47 from Stern®
[2008]. Complex vortical structures can be seen in
Figure 47a for the separation onset from DES
simulations. In Figure 47b the resultant bow vortex
persists for the length of the ship and another vortical
separation is apparent. Similar but less detailed
results have been obtained with URANS simulations.

Despite the different configuration orientations of
the air and sea facets, both are focused toward blunt
leading-edge separation-induced vortical flows, and
both bring advanced experimental and computational
methods directed toward the development of
enhanced understanding and prediction of these
flows. The RTO helps foster a very beneficial interaction between the air-oriented and sea-oriented scientific
communities that otherwise tends to not occur.

Figure 46. Naval surface combatant.

Bow, leeward side |

a) Bow b) Stern view
Figure 47. Preliminary CFD simulation of bow separation. DES, Stern® [2008].

VI. Concluding Remarks

An overview of some factors affecting blunt leading-edge separation from swept and semi-slender wings has
been presented. Selected examples were included to address both fundamental flow and configuration aerodynamic
considerations. Despite the length of this article, it was this author’s finding that considerably more information was
available regarding this topic than space permitted, and only a subset of information could be included.

From a fundamental standpoint, the existence of various flow domains as regards classes of leading-edge
separation, attachment-line transition, and wing leading-edge relaminarization were reviewed. The classifications
chosen for this review have become very well established, and the domain boundaries demarcate different flow
physics. It appears that a perspective toward the salient flow physics domains is very important for understanding
blunt leading-edge separation effects for configuration aerodynamics. It also appears that basic airfoil separation
characteristics carry over to low aspect ratio and swept wing aerodynamics more so than might be expected.

The importance of independent effects due to compressibility and Reynolds number as regards blunt leading-
edge separation was also reviewed. An increase in Reynolds number delays blunt leading-edge separation whereas
an increase in Mach number promotes the separation. This applies not only to airfoils, but also to the swept and
semi-slender wings. Appropriate care must be exercised in interpreting data for which Mach and Reynolds humbers
were varied simultaneously.
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From a configuration perspective, the onset and progression of blunt leading-edge separation continues to be a
challenging problem. While progress has been demonstrated for both CFD simulations and experimental
quantifications of this flow, there still remains a lack of understanding as to why some methods work better than
others, or what the key underlying fluid parameters are. Part of this knowledge gap comes from the challenges
associated with obtaining detailed measurements in the vicinity of blunt leading-edge separation for the wings of
current interest.

One path forward comes from a marriage of relevant unit problem investigations with configuration aero/hydro-
dynamic research so as to develop enhanced understanding and improved prediction capability for these smooth-
surface separated flows. Such campaigns require extensive computational and experimental resources, and multi-
organizational entities such as TTCP and the RTO provide an enabling framework for these programs. They
establish an opportunity among peers to design and execute focused experimental/computational campaigns to
create knowledge for improving computational predictive capability of separated flow effects.

Finally the value of various focused or special sessions hosted by the AIAA must be noted. It is this author’s
observation that this is providing a very useful forum for integrated bodies of work from various sponsoring
organizations to be captured as a collective for broad use by the aerospace community.
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